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TECHNICAL MEMORANDUM X-647 

PRESSURE AND HEAT- TRANSFER MEASUREMENTS 
ON A MERCURY CAPSULE MODEL* 

By John 0. Reller, Jr., and H. Lee Seegmlller 

SUMMARY 


Convective heat-transfer rates, surface pressures, and schlieren 
and shadowgraph pictures of the flow about the body have been obtained 
for the re-entry configuration of the Mercury capsule. Tests were 
conducted in the air streams of four separate facilities and were 
arranged to provide complementary information on the effects of Mach 
number, Reynolds number, and stagnation enthalpy. The experimental 
results have been correlated and are compared with theoretical estimates 
of local pressures and heat-transfer rates. Visual evidence of the 
pattern of flow over the capsule is related to the experimental measure- 
ments and both are used to indicate regimes of attached or separated 
flow. 


Test results were obtained at angles of attack from 0° to 10° for 
Mach numbers from 3»4 to 14.7 and stagnation enthalpies up to 5000 Btu 
per pound. Heat-transfer rates at the stagnation point of the nose 
(heat shield) for zero angle of attack agree with theoretical estimates 
which are based on measured pressure distributions. The distribution 
of heating rates over the heat-shield surface develops a substantial 
asymmetry with increasing angle of attack. Heat-transfer rates over 
most of the afterbody were less than 10 percent of the stagnation heating 
rate. In some cases, however, the effects of flow separation were such 
that values up to 40 percent of the stagnation heating rate were encoun- 
tered. The magnitude of these heating rates can be estimated from 
measured pressure distributions if the nature of the flow, whether 
attached or separated, is known. It appears that similar estimates for 
high-enthalpy conditions would have to take into account the effects of 
any chemical nonequilibrium in the local flow. 


*Title, Unclassified 



INTRODUCTION 


Aerodynamic heating is a basic consideration in the design of a 
vehicle which is to he capable of entering the earth’ s atmosphere from 
a circular orbit and landing intact on the surface. In particular, some 
protection is required to provide the vehicle with both structural 
integrity and a suitable internal environment. One approach to the heat 
protection problem is to present a large and relatively flat surface 
normal to the approaching air and to keep remaining body surfaces in the 
wake region behind this shield. By this means, the convective heating 
rates in the nose region can be reduced because of the large radius of 
curvature, although the heating load is spread over a large surface area, 
while afterbody surfaces may be shielded by immersion in a separated 
flow of relatively low density. The Mercury re-entry capsule, as 
originally proposed by Faget, Garland and Buglia (ref. l) , is one 
configuration of this general type. 

The accurate estimation of afterbody heating for such vehicles is 
hampered, unfortunately, by a lack of knowledge about the behavior of 
separated flow. Such flows are known to be dependent upon local Mach 
number, Reynolds number, the nature of the boundary layer, and in the 
entry situation, upon surface temperature and chemical reaction rates 
in dissociated air as well. Theoretical studies, such as that by 
Chapman (ref. 2), have helped to define the basic mechanism of heat 
transfer in the separated flow of an ideal gas. However, as pointed 
out by Sprinks (ref. 3 ) } there are at present no suitable theories for 
application at the temperature level of hypersonic flight, while only 
a very limited amount of experimental work is available . Thus it is 
not immediately clear that a given set of measurements of heating rates 
and pressures, obtained in a small-scale separated flow in an air stream 
behaving essentially as an ideal gas, can be directly related to the 
corresponding quantities in the full-scale flight environment . For the 
case of attached flow over a blunt shape (e.g., ref. 4), it has been 
possible to show a rather direct correspondence of this type. In the 
present instance the lack of theoretical basis may be overcome, in part, 
by an integrated experimental investigation in several complementary 
facilities, since no one facility can duplicate all the flight conditions. 
An attempt toward this objective by the correlation of data obtained in 
several test facilities forms the purpose of the present investigation. 

The correlations include local convective heat-transfer rates, pressures, 
and flow visualization data for the afterbody as well as the nose of the 
Mercury capsule. The reference flight conditions are those for a location 
in a typical entry trajectory at which the vehicle is traveling at a 
Mach number of 15 at an altitude of 165,000 feet. 

To this end, tests were conducted in an essentially cold-flow 
supersonic wind tunnel at Mach numbers from 3-5 to 6 with free- stream 
Reynolds numbers approximating the reference full-scale condition; 
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in a hypervelocity shock tunnel at a Mach number of 8.4 with stagnation 
enthalpy close to the reference value of 5^20 Btu per pound; and in a 
free-f light wind tunnel at Mach numbers from 3-5 to 15 with approximately 
full-scale Reynolds numbers. In addition, these results are compared 
with theoretical estimates of local pressures and heat-transfer rates, 
with extension of such estimates to include the conditions encountered 
in high-enthalpy flight. 


SYMBOLS 


A area, ft 2 

Cp drag coefficient 

Cp pressure coefficient 

Cp specific heat of air at constant pressure, Btu/ lb °F 

c w specific heat of shell material, Btu/ lb °F 

g gravitational acceleration, 32.17 ft/ sec 2 

H enthalpy, Btu/ lb 

Hdis S enthalpy of dissociation, Btu/ lb 
H s stagnation point enthalpy, Btu/ lb 

h convective heat-transfer coefficient, Btu/ft 2 sec °F 

M Mach number 

Le Lewis number 

Pr Prandtl number 

St Stanton number 

p pressure, lb/ft 2 , except as noted 

q. dynamic pressure, lb/ft 2 

q convective heat-transfer rate (or heat- storage rate) , Btu/ft 2 sec 

R Reynolds number or radius of curvature 

r maximum radius of axi symmetric body 


to IPS 



S distance along surface from model axis, ft 

S^y distance along surface from stagnation point to "base of 

hemisphere, ft 

S' distance along afterbody surface from edge of heat shield, ft 
dimensionless entropy 
T temperature, °R 

n 

t time, sec 

V velocity, ft/sec 

W weight, lb 

w unit weight of shell material, lb/ft 3 

Z ratio of molecular weight of undissociated air to mean molecular 

weight of gas mixture 

a angle of attack, deg 

A shock detachment distance, ft 

r| r temperature recovery factor 

9 ray angle, deg 

p viscosity coefficient, lb-sec/ft 2 

p density of gas, slugs/ft 3 

T model shell thickness, ft 

® azimuth angle measured from windward meridian, deg 

Subscripts 

aft afterbody 

d maximum diameter of axi symmetric body 

e wall in thermal equilibrium 
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F chemically nonreacting or "frozen" 

1 local inviscid flow 

r adiabatic wall 

s body stagnation point 

T reservoir condition 

w body surface or wall 

oo free stream 

2 behind normal shock 

* sonic point 


TEST FACILITIES 
Wind Tunnel 


Low- enthalpy tests were conducted in the Ames 10- by l4-Inch 
Supersonic Wind Tunnel at Mach numbers of 5 and 6. This facility is a 
continuous -flow wind tunnel that is supplied with dry air at a nominal 
pressure of 6 atmospheres and a temperature sufficient only to prevent 
condensation of the test stream. Further details of this facility will 
be found in reference 5. Test models were sting- supported from the 
rear. Heat-transfer data were obtained by the calorimeter technique 
with models precooled with liquid nitrogen. With this system, nitrogen 
injected into the tunnel reservoir just upstream of the sonic throat 
cooled the core of the test stream as well as the test model. The 
control and pressure relief valves were suitable for sharp cutoff of 
the coolant flow. With this system, it was possible to obtain steady- 
state model surface temperatures from 100° F to 400° F below local 
recovery temperatures , depending in part upon the total temperature of 
the test stream. Test stream conditions, model stagnation conditions, 
and model size are given in table I. 


Shock Tunnels 


Tests were also conducted in two hypervelocity shock tunnels. One 
of these facilities, hereafter referred to as the 2-inch shock tunnel, 
has a 2-inch square test section and is supplied with dry air at a 
nominal reservoir pressure of 8^^atfanosnheres and enthalpy of 5410 Btu 


per pound. This reservoir of high-energy air is created with a tailored- 
interface shock tube which uses combustion-heated helium as the driver 
gas . The method used to calibrate the air stream is similar to that used 
in reference 6 . For the present investigation the facility was calibrated 
with a geometric nozzle area ratio of 315 , which for flow in chemical 
equilibrium, was expected to develop = 5 in "the test air stream. 

Stream static pressure, pitot pressure, and velocity were measured after 
the manner of reference 6 . These measurements indicated a usable testing 
time of 2.5 to 3*0 milliseconds. Analysis of the calibration data also 
revealed that the test stream was probably not in chemical equilibrium. 
Thus it appears that as a result of the nonequilibrium condition of the 
nozzle flow, the test Mach number was about 8.4 at a Reynolds number 
of 1.1X10 6 per foot. Other free- stream and stagnation-point conditions 
are listed in table I. 

The second shock-driven facility, hereafter referred to as the 
1 -foot shock tunnel, was in calibration at the time of the present tests. 
The operation of this facility is similar to that of the 2- inch shock 
tunnel just described. A reservoir of dry air at a nominal pressure 
of 260 atmospheres and an enthalpy of 4900 Btu per pound provides a test 
stream which is represented by the conditions listed in table I. A single 
test was made with the Mercury capsule configuration in this tunnel to 
obtain a schlieren photograph of the flow about the model. Data from 
this photograph are used herein. 

Test models were sting- supported from the rear. A visual record of 
the flow about models was obtained with a spark-discharge schlieren 
system and by photographing the luminous gas behind the bow shock wave. 


Free Flight 


A number of free-flight tests of the Mercury capsule shape were 
conducted in the Ames Supersonic Free-Flight Wind Tunnel. In this 
facility models are gun-launched upstream through the test stream of a 
supersonic wind tunnel. Reference 7 presents the details of the arrange- 
ment, operational technique, instrumentation, and model design for this 
facility. The data obtained consist of shadowgraph pictures of the flow 
about the models at known flight conditions. These flight conditions 
and the corresponding stagnation-point values are listed in table I. 
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MODELS AMD INSTRUMENTATION 


Wind Tunnel 


Sketches of the models used to obtain heat transfer and pressure 
distributions in the low-enthalpy wind-tunnel tests are shown in 
parts (a) and (b) of figure 1. Both models had the modified shoulder 
configuration shown. The heat-transfer model consisted of a metal support 
frame over which a thin outer skin of stainless steel was spotwelded. 
Thermocouple locations and tabulated skin thicknesses are shown on 
figure l(a) . Copper- constantan thermocouples were located as far as 
possible from the frame members to minimize conduction effects. The 
number 4o gage wires were inserted into separate holes in the skin and 
were attached with small amounts of silver solder. Thermocouple signals 
were first amplified and then recorded on an oscillograph. The pressure 
model is shown in figure l(b) . Afterbody orifices were located to provide 
surface pressure information at all positions for which heating rates were 
measured and at several other points in addition. Pressures were measured 
with conventional mercury and dibutyl U-tubes. 

Surface finishes of RMS 10 (25 microinches) were specified on both 
model noses , while afterbody surfaces were to be RMS 16 or better. The 
former finish is obtained by polishing with progressively finer grit 
down to a number 600 paper. No controlled measurements of the quality 
of surface finish were made on the completed models. No apparent 
deterioration of surface finish was observed during the test program. 


Shock Tunnel 


Sketches of the heat-transfer and pressure models used for the 
high-enthalpy tests in the 2- inch shock tunnel are shown in parts (c) , (d) 
and (e) of figure 1. Note that the shoulder configuration has been sirnpli 
fied to a square comer on these models. The heat-transfer model was 
designed from preliminary estimates of flow time and local heating rates. 
Calculations showed that it was feasible to use the calorimeter technique 
of measurement for the short duration flows of this facility. The calo- 
rimeter element at the stagnation point was copper 0.010 inch thick with 
a relatively small iron- constantan thermocouple fastened to the inner 
surface. The element for the afterbody was 0.005 inch thick and was 
formed from the lower half of a butt-welded Iron- constantan thermocouple 
cemented into a groove normal to the flow direction. Additional details 
are shown in figures l(c) and 2(a) . 

A sketch of the model used to measure afterbody pressures is shown 
in figure l(d) . The model was made of stainless steel and housed two 
diaphragm- type pressure transducers. These units were designed to measure 


small differential pressures with spirally wound strain-gage elements, 
one of which was mounted on each face of the diaphragm. The double-gage 
diaphragm was found to be relatively insensitive to temperature changes, 
compared to a single gage unit. The stagnation pressure model, shown in 
figure l(e) , used a piezoelectric pressure transducer mounted in the 
model support. 

A photograph of a heat-transfer model installed in the removable 
test section is shown in figure 3* The nozzle exit can be seen at the 
left and the model-support wedge at the right. Model surface finishes 
were specified to be less than RMS 10 for each test and, because of 
abrasion of the model nose which occurred during the blowdown following 
the test period (see fig. 2(b) for example), the nose cap was repolished 
or replaced after each run. 
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Free Flight 


Two sets of models were used in the present free-f light tests. The 
first set consisted of models I.65 inches in diameter made of titanium, 
while those of the second group were 0. inch in diameter with a body 
of aluminum and a nose cap of phosphor bronze about 0.08 inch thick. 

The models were not instrumented but were used to obtain shadowgraph 
pictures of the model flow fields. The larger models were tested at 
Mach numbers from 3 to 5J "the smaller, from M = 6 to 14.7. The shape 
was the same as those tested in the wind tunnel (figs. l(a) and 1(b)) 
except for the shoulder region which did not have the flattened corner 
and for a threaded section behind the canister, which was necessary for 
launching. Model surface finishes were in all cases as good as previously 
quoted or better; carefully polished surfaces on the small models often 
had finishes better than RMS 5» 


REDUCTION AND ACCURACY OF DATA 
Reduction of Wind-Tunnel Data 


The heat-transfer data in the wind tunnel were obtained as an 
oscillograph record of the temperature history of local elements of the 
skin of a precooled model, while the model was being heated by the tunnel 
air stream. The temperature -rise rate of an element of skin was converted 
to heat- storage rate with the familiar equation 


q = Twc^CdT/dt) 


( 1 ) 
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where T, w, and c w are properties of the skin material. Skin thickness 
T was deter min ed on the polished model prior to thermocouple installa- 
tion; unit weight w was assumed constant. The specific heat c^. and 
its variation with temperature were assumed to he the same as for AISI 
type 347 stainless steel which has a nearly identical composition. 
Information on specific heat was taken from reference 8 and is shown in 
figure 4. The last term in equation (l) can he derived from an oscillo- 
graph record in a number of ways. In the present instance , the slope of 
a trace was read at the earliest time consistent with the establishment 
of a steady heat-input situation, as illustrated in figure 5- Figure 5( a ) 
shows the variation of heat-storage rate with wall temperature for a 
thermocouple on the heat shield where the rate is relatively high, and 
part (b) shows a similar variation at a low heating-rate location on the 
conical afterbody. If it is assumed that the local convective heat- 
9 transfer coefficient is constant for the range of temperatures encountered, 

, measured heating rates should fall on a straight line which intersects 

the axis at the adiabatic wall or recovery temperature. This result 
follows from the basic definition of convective heat-transfer coeffi- 
cient, h, in the equation 


q = h(T r - T w ) 


( 2 ) 


where T r is the local recovery temperature. If heat loss or gain by 
conduction and radiation is negligible, the measured equilibrium wall 
temperature, T e , will be equal to T r . This was assumed to be the case 
in the present investigation. It can be seen in the lower portions of 
figures 5( a ) and 5(h) that part of the measured data does fall on such 
a line in each case. The resultant coefficients are shown in the upper 
parts of the figure. The deviation of the data in the low-tenperature 
region is attributed to a lag in stream total temperature following 
coolant shutoff (a basic weakness of this system), while that In the 
high-temperature region is believed to result from lateral conduction 
within the model shell. Between these limits the data are representative 
of steady-state convective heating, at least to the accuracy of the 
present investigation. 1 


% 

The stagnation point heating data have also been presented in 
dimensionless form as Stanton numbers 



(3) 


lA small semiempirical correction has been applied to some of the 
heat- shield data to account for lateral conduction. In several runs a 
wall temperature gradient resulted from a nonuniformity in the cooled 
core of the test stream. It is furthermore tacitly assumed that the 
cooler model surface that exists during heating-rate measurements does 
not appreciably alter boundary- layer development or the afterbody flow 
field or, thus, the effective T r . 
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where density, velocity, and specific heat are evaluated for conditions 
"behind the normal shock wave. Other data are presented as the ratio h/h g , 
where h s refers to model stagnation point conditions at zero angle of 
attack . 


I 

Reduction of Shock -Tunnel Data 


Air stream calibration . - As was stated earlier, the investigation 
in the 2-inch shock tunnel was to he conducted at the same Mach number 
as the wind-tunnel tests, namely, ^ = 5* To accomplish this plan, it 
was first necessary to calibrate the test stream. This was carried out 
with the techniques discussed in reference 6. With the assumption that 
the flow was in chemical equilibrium, the calibration indicated that a 
test stream of approximately the desired Mach number had been obtained. 
Subsequent to the completion of the present program, it was found that 
the calibration results could be reduced by another and more general 
method which allows for the possibility of chemical nonequilibrium in 
the test stream. A summary of the analysis and results of the two 
methods is given in appendix A. When the nonequilibrium effects are 
considered, the stream Mach number in the 2- inch shock tunnel is indicated 
to be 8 . 4 ; this value and the corresponding nonequilibrium conditions were 
used in the reduction of the present data. 

A similar flow situation may, to some extent, also exist in the test 
stream of the 1-foot shock tunnel. At present, however, this question 
has not been resolved so that for the purposes of this report the test 
stream in the 1-foot facility is assumed to be in chemical equilibrium. 

Chemical equilibrium in model flow field .- The departure from 
chemical equilibrium of the test stream of the 2-inch shock tunnel implies 
that a similar condition may exist in the flow about models. An analysis 
of this situation is given in appendix B. It was found in this analysis 
that the gas flow behind the bow shock wave should be either in equilib- 
rium or close to the equilibrium condition as it reaches the stagnation 
point of the body. Si mil arly, the inviscid flow approaching the comer 
of the heat shield is indicated to make only a small departure from 
chemical equilibrium. On the other hand, the inviscid flow over the 
afterbody is indicated to be well into the frozen flow regime. Thus it 
is possible that data measured on the afterbody may in some manner show 
the effects of a local flow that is not in chemical equilibrium. 

Reduction of heat-transfer data .- Heat-transfer data were recorded 
by photographing an oscilloscope trace. The temperature-rise rate of 
the calorimeter element was converted into heat- storage rate with 
equation (l) , as before, with the indicated dT/dt read at the earliest 
time consistent with the establishment of steady flow in the test section. 
Unit weight w and specific heat c^- were assumed constant, while the 
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mass of the calorimeter element was determined by direct measurement of 
sectioned models after each run. Radiant heat transfer from the shock- 
heated gas cap to the model was estimated from charts derived from 
reference 9 and was found to be negligible. Radiant heat flux from the 
model to the tunnel walls was also negligible . Transverse temperature 
gradients in the calorimeter elements were calculated and found to have 
no appreciable effect on the measured data. Lateral conduction effects 
were estimated and are included in the over-all estimate of accuracy 
shown later. 


Stagnation point heating rates are presented as Stanton numbers 
based on enthalpy potential. Thus, 


St 


q c 
s P„ 


(H s - H„)(pVc p ) 2 g 


where again the gas properties are referenced to conditions behind the 
normal shock wave . Heat-transfer rates measured at locations other than 
the stagnation point are presented as the ratio of the local value per 
unit surface area to that at the stagnation point to avoid the necessity 
of estimating local recovery enthalpies. 

Since both heating- rate measurements in the shock tunnel and 
estimates from existing theories for full-scale conditions at locations 
downstream.of the body stagnation point are most readily available in 
the form q/q , it is necessary to consider the relationship between 
these values and low-enthalpy wind-tunnel data in the form h/h g . Note 
first that at high-enthalpy conditions it can generally be assumed 
that T w « T r (or T s ) and therefore « H r (or H s ) , so that the 
expression q/q s = (h/h g ) (H r /H g ) is valid for a representative constant 
value of specific heat. Consider now the variation of enthalpy ratio 
H r /H s in response to real-gas effects. In general the recovery 
enthalpy Hj. can be defined by the relationship q r = (Hj. - H^)/(H S - H^), 
where T] for the case of a laminar boundary layer is approximated 

by (Pr) evaluated at a temperature and pressure representative of 
conditions within the boundary layer. 2 Now, since the Prandtl number Pr 
is found to be relatively insensitive to temperature over the range of 
present interest, it can be shown by theoretical calculations that local 
ratios of H r /H s for a short blunt body are only a weak function 
of or H s , for values of of about 5 or greater. This is illus- 

trated in the top part of figure 6, where H r /H s is shown as a function 
of local Mach number in a generalized blunt body flow for two represent- 
ative test conditions; for an ideal gas at = 5 (H g = 160 Btu/lb) 

2 A similar argument can be advanced for the case of a turbulent 
boundary layer- 
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and for a real gas at = 22 (H s = 10,700 Btu/lb) In a typical entry 
trajectory. The latter calculations were made with the normal shock 
equations , a modified Newtonian pressure distribution, and the gas 
properties of reference 10. The two curves agree within 5 percent for 
local Mach numbers up to about 4 and indicate that, as a first approxi- 
mation, low- enthalpy wind-tunnel data for blunt shapes might be compared 
with high-enthalpy results when in the form d/ds = (h/h g ) (Hp/llg) . In 
effect, the "cold wall" assumption (H^ « Hp) is applied to the wind- 
tunnel results. 

The second term in this comparison, namely, the ratio of heat- 
transfer coefficients, h/h s , must also be considered. As a first guess 
the low- and high-enthalpy h/h s distributions around a blunt body might 
be assumed to be similar. Intuitively, this assumption of similarity 
would be most closely satisfied in those regions where the local surface 
pressures can be described by the Newtonian approximation. In other 
areas the local pressures and, as a result, the local heating rates will 
no doubt be dependent to some extent on M and H g . Thus, it is indicated 
that both M and real-gas effects on local h/h g ratios are such as to 
limit the direct comparison of d/d s ratios to those surfaces with sub- 
stantial inclination to the free- stream direction. With this thought in 
mind then, the validity of one further simplification will be discussed. 

It is suggested that for such inclined surfaces, the ratio H r /H s be 
dropped from the expression q/q g = (h/h s ) (H r /H s ) as applied to low- 
enthalpy results, and that low-enthalpy h/h B ratios be compared directly 
to high-enthalpy q/q s ratios. Again in the top part of figure 6 the 
error introduced by this simplification is seen to be less than 10 percent 
(local H r /H s as compared to unity) at local Mach numbers up to 3*5> and 
not more than about 5 percent within the prior limitation of substantial 
surface inclination. Furthermore, the low-enthalpy numbers will be con- 
servative since the neglect of H r /H s should lead to overprediction of 
local heating rates relative to high-enthalpy results. A sample compar- 
ison of this type is shown in the lower part of figure 6 where, for a 
hemispherical shape, experimental results from reference 11 are compared 
with the theory of reference 12. In this case the experimental variation 
of heating rate with distance from the stagnation point actually falls 
below the theory at first, but then rises above it as the shoulder is 
approached and the flow enters a region where the magnitude of the local 
pressures is no longer accurately defined by the Newtonian model. 

Within the framework of this simplified analysis, then, two 
conclusions can be drawn with regard to the present investigation. First, 
the ratio of local to stagnation point heating on the nose of the capsule 
configuration should be insensitive to either or H g , at least so long 
as M >5* Thus, since this surface is steeply inclined to the free- 
stream direction, a low- enthalpy h/h g ratio for the nose should be 
closely comparable to the corresponding q./d B at high-enthalpy condi- 
tions. Second, the afterbody heating- rate ratios are probably a function 
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of both M and H g . Therefore, low-enthalpy results for the afterbody 
are not directly applicable to a high-enthalpy environment. 


Collected Flow Visualization Data 


Shadowgraph pictures of flow about the model were obtained during 
the tests in the wind tunnel at Mach numbers 4.0, 5 * 0 , and 6.0 for 

angles of attack of 0° and 10.6°, with the model surface at essentially 
recovery temperature . The corresponding test stream and model stagnation 
conditions are shown in table I, while a representative set of pictures 
is shown in figure 7- At some test conditions the airflow over the 
afterbody was sufficiently dense that a photographic record of the 
boundary layer or the separated flow region was obtained; at other con- 
ditions the local density gradients were below the limit that could be 
resolved by the optical system. Therefore, to increase the usefulness 
of the visual data, an attempt was made to correlate the shock-wave 
pattern over the afterbody (which remains visible to lower density 
levels) in such a manner that this shock pattern could be used to 
indicate whether the afterbody flow was separated or attached. It was 
found that afterbody flows could be divided roughly into three regimes: 

1. Attached flow: This regime is characterized by a strong trailing 

shock wave which extends to the surface at the intersection of the cone 
and cylinder, and a weak shock wave just behind the corner which stands 

at about the local Mach angle from the conical surface. 

2. Separated and reattached flow: In this regime the flow separates 

at the corner and reattaches at some downstream location. Reattachment 

on the cone may give rise to a separate shock wave, or to a wave which 
coalesces with the trailing shock wave. The comer wave moves out from 
the surface to allow for the thickness of the separated region and the 
reduction in local Mach number. The trailing shock wave loses definition 
in the vicinity of the body. 

3 • Separated flow: This flow field is identified by flow separation 

at the corner, a widely distended corner wave and a weak trailing shock 
wave that is far removed from the body. 

It is obvious from the general nature of these definitions that many 
intermediate flow situations will occur. However, it is believed that 
the listed characteristics are descriptive of the range of conditions 
that will be encountered . 

Figure 8 presents two schlieren pictures and one self-luminous 
"glow" picture taken during the investigation in the shock tunnel; 
figure 9 presents a series of shadowgraph pictures taken in the free- 
flight facility at approximately the same stream Reynolds number and 
for Mach numbers from 3*4 to l4.7« 



Accuracy of the Results 


The estimated accuracy to which the gas properties in the reservoir 
and test stream of the shock tunnel are known are compared with similar 
values for the wind tunnel in the following table: 



10 - by l4-inch 
wind tunnel 

2 - inch 
shock tunnel 

Location 

Property 

Nominal 

value 

Accuracy, 

percent 

Nominal 

value 

Accuracy, 

percent 

Reservoir 

Pressure, psia 

72.0 

±0.5 

1 12100 

±5 



Tenqperature , °R 

665 

±0.3 

2 12960 

±4 



Enthalpy, Btu/lb 

159 

±0.3 

2 54l0 

±4 

Stream 

Static pressure, psia 

0.158 

±2.4 

^O.Sl 

±20 



Pitot pressure, psia 

5.31 

±1-3 

x 74.0 

±4 



Total enthalpy, Btu/lb 

159 

±0 .6 

2 5000 

±6 



Velocity, fps 

2575 

±0.4 

1 l4390 

±6 



Mach number 

5.03 

±0.4 

2 8.4o 

±9 



Reynolds number/ ft 

3.54x10 s 

±4.5 

2 1.10X10 6 

±15 


iMeasured values. 
2 Computed values. 
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The estimated accuracy of the measured pressures and heat-transfer 
rates are shown in the following table: 



10- by l4-inch wind tunnel 

2-inch shock tunnel 


Range 

Accuracy, 

percent 

Range 

Accuracy, 

percent 

Heat-transfer 

0.00015 to 0.0015 

+23 to ±16 



coefficient, 
Btu/ ft 2 sec °F 

0.0015 to 0.015 

±16 to ±8 

— 

— 

Heat-transfer rate, 



20 to 100 

±25 

Btu/ ft 2 sec 





— 

— 

1500 to 2500 

±10 

Surface pressure, 

0.05 to 0.50 

±6 to ±3 

1.0 to 2.0 

±25 

psia 

0.50 to 5.0 

±3 to ±2 

70 to 80 



The above estimates of accuracy should be interpreted as approximate 
limits on the physical measurements. It should be recognized, however, 
that the shock-tunnel results are relatively less precise than indicated 
when reduced to coefficient form for a given set of stream conditions, 
simply because the test stream itself cannot be accurately defined within 
the framework of existing measurements. 


RESULTS AND DISCUSSION 


The results of this investigation are presented in graphical form 
in figures 10 through 2 b. Figures 10 through l4 present results for the 
stagnation region and the heat-shield surface, figures 15 through 23 
cover the conical afterbody and parachute canister, and figure 2 b deals 
with the problem of afterbody flow separation. The discussion will, 
in general, follow this same order and, with the exception of the stagna- 
tion region of the heat shield, will consider the measured pressures and 
their relation to theory prior to the analysis of the convective heat- 
transfer results. 



Stagnation Region 


Convective heat-transfer rates to the stagnation point of the heat 
shield for the capsule at a = 0° are presented in figure 10. Measured 
data are shown as open symbols, with each point representing the average 
of at least two independent measurements . The cross-shaped symbols 
represent estimated stagnation heating rates obtained with the theory of 
reference 13 , which has been applied both for the test conditions of 
the present investigation and for typical flight conditions. The 
expression 
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is the relationship found in reference 13 between the local flow conditions 
and gas properties and the convective heating rate at the stagnation point 
of an axially symmetric body. Note that this expression can accommodate 
both ideal and real gases and can be used to determine the effects of body 
surface temperature. For these reasons the theory is attractive for the 
present investigation since one purpose is to relate low-enthalpy wind- 
tunnel results to data for high-enthalpy test conditions and to flight 
estimates. In the present application, the last term in equation (5) is 
used to account for the difference in velocity gradient at the stagnation 
point of the Mercury capsule as compared to that which would be predicted 
for a simple hemisphere with a Newtonian pressure distribution. From 
measured pressure distributions (e.g., ref. lA) , the gradient for the 
capsule has been found to be about 2J percent greater than for a simple 
hemisphere; thus, the heating rate as predicted by equation ( 5 ) should 
be about 13 percent greater. 


The results are presented in the form of Stanton number as a function 
of Reynolds number in figure 10(a) . As noted on the figure, the various 
parameters are referenced to conditions behind the normal shock wave. 

In consideration of this figure it is important to recognize that the 
quantitative results depend upon the evaluation of the various gas 
properties. In the present investigation, model stagnation conditions 
for both the wind tunnel and shock tunnel were obtained from the results 
of the air stream calibration. For the free-f light test, the known 
stream conditions and model velocity were used with the equations of 
motion and the charts of reference 15 to compute the stagnation conditions. 
For full-scale conditions, a shallow entry trajectory from a 100-mile 
orbit was computed for the nonlifting capsule with a W/CjyA of b^> pounds 
per square foot. In the determination of this trajectory, the model 
atmosphere of reference 16 was used. Again the stagnation properties 
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of the real gas were computed with the aid of reference 15 • With the 
stagnation conditions known, then, the thermodynamic and transport 
properties of the real gas were evaluated from reference 10. 

It can he seen in figure 10(a) that the data from the low-enthalpy 
wind tunnel for Mach numbers of 5 and 6 are in close agreement with the 
theoretical estimates. These estimates are shown on the figure by cross 
symbols and were obtained from equation (5) , in which, of course, the 
enthalpy of dissociation has gone to zero. The wind-tunnel data serve 
to define the solid line on the figure which passes through the theoret- 
ical estimates for the free-flight tests at M^ = 3 and 5*3* This line 
has been drawn to express the well-known relation that StjR is a 
constant. This line, then, represents the low-enthalpy, ideal-gas, 
stagnation-point heating for the configuration. It is noted, however, 
that both the experimental and theoretical results for higher enthalpies 
depart from this line in an apparently consistent manner. For example, 
both the data point from the shock tunnel at an enthalpy of about 
5000 Btu per pound and the corresponding theoretical estimate are some 
35 percent above the ideal-gas line. This difference is apparently not 
due to surface temperature effects since the theory of reference 13 
indicates that this effect influences the present results by less than 
5 percent for the range of surface temperatures of the present investi- 
gation. More properly these differences would appear to reflect the 
variations in gas properties, such as those due to dissociation, with 
increasing enthalpy. 

To evaluate this apparent enthalpy dependence, the results have 
been converted to the parameter, StCl^pj^^Pr)^ 3 and. are shown as a 
function of enthalpy in figure 10(b) . The Prandtl number has been 
introduced to obtain a parameter that is consistent with the general 
form of Reynolds analogy. Estimates for a second entry trajectory are 
also shown. The heating parameter shows a relatively weak dependence 
on enthalpy and the single curve appears to correlate the stagnation- 
heating rates, at least up to satellite enthalpy levels, within about 
±5 percent. It is believed that this 5-P ercen 't scatter results, in 
large part, from the uncertainty in present knowledge of the transport 
properties of gases. This correlation supports results presented earlier 
in reference t, thus reaffirming the conclusion that it should be possible 
to predict the basic convective heat transfer to the stagnation point 
(a = 0°) of the full-scale version of this configuration with reasonable 
accuracy, at least in the continuum flow regime . 


Heat Shield 


Pressure distribution .- Local pressures on the heat shield, ratioed 
to body stagnation pressure, are given as a function of surface distance 
from the body axis in figure 11. Data for the windward and leeward 


meridians at angles of attack of 0°, 5°^ 10°, and 15° are shown. The 
pressure variations in this figure are, for the most part, illustrated 
hy results obtained from references l4, 17 , 18 , and 19 since the present 
results are limited to measurements on the model axis at irregular angles 
of attack. Although these results are not presented here they do substan- 
tiate the variations shown in the figure. In figure ll(a) the data 
for a = 0°, for which the test Mach number varies from 1.6 to 20.1 and 
the stagnation enthalpy from about 13 0 to 1900 Btu per pound, are well 
represented by the solid faired curve. A pressure distribution obtained 
with the use of Newtonian theory is shown as a dashed curve . The experi- 
mental results show that downstream of the stagnation point the pressures 
are lower than are predicted for this spherical surface; hence the corre- 
sponding local velocities are higher. These differences are attributed 
to the effects of the expansion at the edge of the shield. Since the 
local flow is subsonic, these effects influence the entire region behind 
the shock wave. As noted earlier, these differences indicate increases 
in the velocity gradient and hence the heating rate at the stagnation 
point . 

When the capsule is inclined at some angle of attack, the situation 
becomes a bit more complex. Due to the effects of the edge of the heat 
shield, the stagnation point appears to shift to a location other than 
that specified by geometric considerations. This shift is shown by 
results at M = 6.9 given in reference 19 and reproduced in figure 12 
herein. In this reference oil-flow patterns were obtained at = 6.9 
and it was found that the angle between the radial line containing the 
actual stagnation point and the capsule center line was about 20 percent 
less than the angle of attack for a between 5° and 20°. Stagnation 
points located by this criterion and pressure data for a = ^>° , 10°, 
and 15 ° (windward and leeward meridian only) are shown in figures ll(b) 
through (d) . In each case, a Newtonian distribution centered on the 
geometric stagnation point is also shown as a reference curve. The 
results are similar to those for a = 0°. For example, the pressures 
obtained with Newtonian theory are higher than the experimental results, 
particularly on the windward side of the stagnation point . The good 
agreement among the data from the several sources indicates that these 
distributions are basic to the configuration and are in all likelihood 
applicable to the full-scale vehicle. Unfortunately, however, the results 
shown in figure 11 also imply that the heat transfer may be difficult to 
predict and that it may vary substantially with angle of attack. 

Heating-rate distribution .- Heating-rate distributions on the 
windward and leeward meridians of the heat shield are presented in 
figure 13 as the ratio of local heat-transfer coefficient to the 
stagnation-point value at a = 0° . This ratio, as discussed earlier, 
should be closely comparable on this highly inclined surface to the 
ratio q/i s , a = 0° used at high-enthalpy conditions. Measured values 
from the present investigation are augmented by data for = 9-6 from 
reference 19 . (Note that the effect of stream Mach number can be shown 
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to Toe sufficiently small to te neglected in this comparison.) For a = 0° 
(fig. 13(a )) > the heating-rate distribution obtained in the wind tunnel 
agrees with that predicted with the theory of reference 12. This theory 
makes use of the cold-wall assumption and, as used here, it is employed 
with a pressure distribution of the Newtonian form. This agreement 
between the experimental and theoretical results is perhaps fortuitous 
in view of the departure of measured pressures from the Newtonian distri- 
bution with the corresponding increase in heating level at the stagnation 
point. In any event, it would seem that the heating- rate distribution is 
relatively insensitive to the observed pressure differences, at least 
at a = 0°. Also shown in this figure is a similar distribution, from 
the theory of reference 20 for the conditions of M = 15 in the fore- 
mentioned nonlifting entry trajectory. In this case the calculations 
were based on the pressure distribution of figure 11. The substantial 
agreement between these theoretical flight results and the previous 
experimental results indicates the relevance of low- enthalpy data in the 
prediction of heating rates for this blunt face of a full-scale vehicle. 

In figure 13 (b) heating-rate distributions are shown for angles of 
attack up to about 10°. Appreciable changes in the heating pattern, 
particularly on the windward side of the heat shield, result from the 
variation in local flow properties at these relatively small angles of 
attack. In particular, the region of maximum heating appears to move 
to the windward edge of the shield. It would seem that this behavior is 
typical for the configuration at least when the boundary- layer flow is 
laminar . 

The variations of heating rate with azimuth angle for two distances 
from the axis as given by the ratio S/r are shown in figure l4. Repre- 
sentative curves have been faired through some of the data to illustrate 
the trends. The results are generally as would be expected, with an 
"inclined-cylinder" type of distribution developing with increasing 
distance from the origin of flow. 

By way of summary, then, the heating rates on the shield appear to 
fall into an understandable pattern. This pattern reflects the influence 
of the expansion from subsonic to supersonic flow about the corner at 
the edge of the heat shield. The expansion has a surprisingly large 
effect on local pressures and thus on heat-transfer rates over the entire 
shield surface as well. 


Afterbody 


Longitudinal pressure distribution .- Pressure data for the afterbody 
% are presented in figure 15 as a function of surface distance along a 

meridian line from the edge of the heat shield. Several theoretical 
estimates are also shown. As shown in figure 15(a) , the pressures 
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measured on the conical surface at = 5 and a, = 0 ° are almost constant 
over the surface. Although the pressures are less than the stream static 
pressure; they are somewhat in excess of the theoretical estimates. One 
such est im ate is shown as the solid line at Cp = -0.0435 in the left 
side of the figure. This line indicates the pressure level that would 
he reached if the flow at the edge of the heat shield were expanded two- 
dimensionally through the angle hounded hy local sonic flow conditions, 
on the one side, and hy the conical surface of the afterbody on the other 
side. To fix the size of this expansion angle it was assumed, in effect, 
that sonic conditions were reached when the flow from the stagnation 
region had turned 45° to the free- stream direction in the expansion at 
the edge of the heat shield . 3 The resultant expansion angle at a = 0° 
is therefore 65 °. This theoretical estimate corresponds to a limiting 
case of attached afterbody flow and, as such, will provide a lower limit 
of the pressures possible in an ideal-gas flow. By comparison, then, 
the measured pressures indicate that the flow is separated over this 
surface; this result agrees with the visual evidence of figure 7 (a ) * 4 
This rather simple method for estimating pressures on the conical part 
of the afterbody does not, of course, account for any three-dimensional 
flow effects. As a first step, these effects might be considered by use 
of the second-order shock-expansion method of reference 21 to estimate 
the surface-pressure gradient downstream of the corner expansion. Results 
obtained in this manner are shown in the left side of figure 15 (a) as a 
dashed line; this estimate was obtained with the additional assumption 
that the gradient is constant along the conical surface. It appears that 
the three-dimensional flow effects are relatively small for these condi- 
tions and the estimates do not give results in conflict with the evidence 
for flow separation discussed earlier. 

The pressure level on the cylindrical section at a = 0° is somewhat 
higher than that on the cone, although much less than either the two- 
dimensional or the three-dimensional estimate for attached flow. This 
observed pressure rise on the cylinder is perhaps surprising because of 
the apparent flow separation over the conical surface at this angle of 
attack. However, there is evidence of a weak trailing shock wave in 
the shadowgraph picture of figure 7 ( a ) which corresponds to this test 
condition. Thus, the flow pattern in this region is indicative of a 
partial reattachment of the flow, at least to the extent that can be 
inferred from the response of the local flow to the change in body shape. 
For a = 10°, pressures on the leeward meridian indicate separated flow 

3 This assumption regarding the sonic line, although approximate, has 
been used to obtain estimates of pressures on the afterbody in the present 
investigation. It is realized, in fact, that the sonic line is not 
straight but may have considerable curvature between the shock wave and 
the body surface. In addition, it should in theory approach the surface 
nearly normal to the flow just upstream of the sharp comer. 

4 Careful inspection of the original print of figure 7( a ) indicated 
that the flow was separated over the afterbody. The fine details leading 
to this conclusion have been lost in the reproduction process. 
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over the afterbody. On the windward side the flow is attached (as the 
visual evidence of fig, 7(b) shows) with the pressure level and gradient 
rather well est imat ed on the cone with the Prandtl-Meyer expansion and 
the correction from reference 21 (the dashed curve) . The pressure level 
on the cylinder is close to that estimated with the assumption of a 
conical compression from the theoretical pressure at the cone-cylinder 
juncture. Insufficient data are available to assess the pressure gradient 
on the cylinder. 

In figure 15(b) a pressure distribution is shown for M = 6, a = 0°, 
and at about one-half the free- stream Reynolds number of the data for 
M = 5 just discussed. Extensive flow separation is indicated since the 
level of the measured pressure on the conical section is much in excess 
of the theoretical estimate. In fact, the flow apparently did not expand 
much beyond the free-stream direction, as indicated by a comparison of 
the measured pressures with that estimated for a Prandtl-Meyer expansion 
of ^5°. The differences between these results and the distributions 
for = 5 denote a strong influence of Reynolds number on afterbody 
separation in the range of conditions covered by the present tests. 

In figure 15(c) similar data from the shock tunnel are presented 
along with estimates obtained with the basic theory for two-dimensional 
flow. Data for a = 0° cover the range shown by the barred symbols, 
while two points measured at a = 10° are also shown. The theoretical 
estimate was calculated by the method of reference 22 and represents 
the Prandtl-Meyer expansion of a real gas in equilibrium. It was deter- 
mined on the same geometric basis as discussed earlier. The experimental 
data and the theoretical estimates are in good agreement for a = 0°, and 
this result could be interpreted as an indication of attached afterbody 
flow. It will be remembered, however, that in an earlier section the 
likelihood of nonequilibrium flow over the afterbody was discussed. It 
is possible, therefore, that the present agreement is fortuitous and that 
the data represent a situation of separated flow on the afterbody with a 
reduction in pressure level due to a nonequilibrium expansion process. 

This possibility will be considered further in the treatment of convective 
heat-transfer measurements in a later section. 

Circumferential pressure distribution .- In figure 1 6 pressure 
coefficients for = 5 are presented as a function of azimuth angle, <5, 
measured from the windward meridian of the afterbody at five longitudinal 
stations. Curves have been faired through the data at a = 10.6° to 
illustrate the trends shown by the results. For angles of attack close 
to zero, the pressure is essentially constant over the conical surface. 

For a = 10.6°, where the flow is attached on the windward meridian, an 
interesting pattern develops with increasing distance from the shoulder. 

At the most forward station the pressures in the lee separated region 
are slightly higher than at $ = 0°. As distance S'/r increases, a 
characteristic crossflow pattern emerges with separation apparently 
occurring near $ = 90°. The leeward pressures are fairly constant and 


only slightly greater than at a = 0°. Thus, the flow on the afterbody 
is behaving much the same as for more conventional inclined bodies of 
revolution. 

Real-gas effects on afterbody pressures .- The previous discussion 
of afterbody pressures has shown that measured surface pressures and 
pressure gradients appear to be part of a recognizable pattern which can 
be estimated with fair accuracy if the flow is attached. It is proposed 
then, to use the same method of analysis to indicate the effect of the 
enthalpy level of the flow field on afterbody pressures. The results 
of this analysis for a = 0° are shown in figure 17 where the ratio of 
afterbody pressure to stagnation pressure is given as a function of 
free- stream Mach number. Mach number, rather than stagnation enthalpy, 
has been used as the independent variable to separate the results into 
several groups and to facilitate the discussion. The dashed curves 
represent theoretical results obtained for real-gas Prandtl-Meyer expan- 
sions (wherein chemical equilibrium is maintained) to the afterbody 
surface at the corner of the heat shield. The enthalpy level at any 
Mach number is specified, by implication, in terms of the static temper- 
ature level of the free stream. Curves are shown for stream temperatures 
of 100° R, 400° R, and 1200° R, which roughly correspond to wind-tunnel 
conditions, to flight conditions, and to the shock tunnel conditions of 
the present investigation, respectively. The solid curve shown in 
figure 17 is a reference curve which represents the variation of the 
ratio of free- stream to body- stagnation pressure with Mach number. This 
variation is the result of real-gas calculations which show that the 
ratio P^/Pg is only slightly affected by enthalpy level. The most 
important feature of the theoretical results is the apparent increase of 
afterbody pressure level with increasing enthalpy (Mach number) , This 
finding implies, for example, that a pressure measured in a wind tunnel 
at M^ = 5 would underestimate, by a factor of 3, the pressure predicted 
at = 15 in flight. In a similar manner a pressure measurement in the 
shock tunnel used in the present investigation overestimates the predicted 
afterbody pressure in flight at the same Mach number by virtue of the 
relatively higher static temperature of the stream. Thus within the 
limitations of this analysis it is indicated that pressure measurements 
on an afterbody configuration of this type in ground-based facilities are 
not, in general, directly applicable to flight conditions, even in the 
most simple case of attached flow in chemical equilibrium. 

The experimental results from the present investigation and from 
references l4, 17 , 18 , 19 , and 23 shown in figure 17 apply to the forward 
half of the conical surface as shown in the sketch. In general, the data 
are represented by a bar which indicates the range of pressures that was 
measured. Note that the curve for attached afterbody flow at T^ = 100° R 
is a good lower limit for the data from the various wind tunnels. (Higher 
measured pressures are indicative of flow separation.) This curve crosses 
the static-pressure curve at 1*^ = 9-5 and indicates that afterbody pres- 
sures will exceed the stream pressure at Mach numbers above this value. 


Variation of afterbody pressures -with angle of attack .- Pressure 
coefficients at several longitudinal stations on the windward and leeward 
meridians of the afterbody are shown as a function of body angle of 
attack in figure l8. Experimental results are compared with theoretical 
esti ma tes for attached flow on the conical section, based on the two- 
dimensional form of the simplified analysis that was introduced in 
figure 15. The several parts of figure l8 are arranged in order of 
increasing Mach number and with the aid of results from references l4 
and 18 cover the range from ^ = 1.6 to = 20. Theory and experiment 
are in fair agreement both in trend and in magnitude on the windward merid- 
ian of the cone at the larger angles of attack and at the higher Mach num- 
bers. The agreement is taken to indicate that the local flow is attached. 
At the smaller angles of attack and on the lee side of the body the agree- 
ment is not so good and, when combined with the available photographic 
evidence of the flow patterns, indicates that the afterbody flow is gener- 
ally either partly or wholly separated. Measured pressures on the conical 
surface are in excess of theoretical predictions. The cylindrical portion 
of the afterbody is unique in that very substantial pressures can occur on 
this surface when the flow over the cone is apparently separated (see the 
windward meridian at a, from 0° to 10° in fig. 18(b)) . As mentioned 
earlier, this situation is indicative of flow reattachment on the cylinder 
and is thought to be related to the prior transition of the free boundary 
at the edge of the separated region as illustrated at ^ = 4.0 in fig- 
ure 7 (a) . One additional feature of importance is shown in figure 18, 
namely, that the flow over the afterbody approaches attachment with 
increasing Mach number. Figures 18(a) , (b) , (c), and (e) illustrate this 
point, since the stream Reynolds number is about the same in all cases, 
while the Mach number increases from 1.6 to 6.0. At present this effect 
is not clearly understood. 

To summarize these results briefly, it appears feasible to analyze 
the flow field in the region of this afterbody configuration and to 
account for many of the observed pressure variations. However, the anal- 
ysis depends on a prior knowledge of flow separation which, even for 
wind-tunnel results, is difficult to predict in advance. The prediction, 
therefore, of the occurrence of flow separation in the high-enthalpy 
flow associated with a full-scale vehicle would he even more uncertain. 

Longitudinal distribution of heat-transfer rates . - Longitudinal 
variations of heat-transfer coefficient along the windward and leeward 
meridians of the afterbody are presented in figure 19 for ^ = 5 and 6. 
The experimental results are compared with theoretical estimates obtained 
with the methods of references 24- and 25. For the laminar boundary- layer 
estimates, local Reynolds numbers are based on the length of run from the 
geometric stagnation point and the surface pressures are those shown in 
figure 15 for the appropriate theory for three-dimensional flow. For 
= 5 and a = 0°, the experimental results indicate that the heating 
rates on the conical surface increase with increasing distance. This 
trend is opposite to that predicted for attached laminar flow but the 
level is similar (about 5 percent of the stagnation value) . Estimates 
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for laminar separated flow from the theory of reference 2 are also shown. 
This method indicates heat-transfer rates in a laminar separated region 
that are about one-half the value for attached flow. The results obtained 
with this theory indicate better agreement with the experimental results 
only at the most forward station, S'/r = 0.43- In addition, since the 
theories for either attached or separated flow indicate decreased heating 
rate with increased distance, the experimental results which show the 
opposite trend are interpreted to mean a separated flow region for which 
the free boundary is in a transitional state. An investigation of this 
phenomenon is reported in reference 26. 

The variations in heating rate on the conical surface at a = 1° 
and 2° are similar to those for a = 0°. It is noted, however, that the 
leeward heating rates increase more rapidly with angle of attack than 
those on the windward side. For example, for cc. = 2°, lee-side rates 
are about double those at a = 0°. This behavior is thought to result 
from the transitional nature of the separated flow and is also evidenced 
by unusually high recovery temperatures at this test condition. For a 
of the order of 10° windward heating rates are about 10 percent of the 
stagnation value, while leeward values drop again to about the a = 0° 
level . 

On the cylindrical section at small angles of attack the measured 
rates at one location are about one-fourth the stagnation point value. 

This rate is much above the prediction for attached laminar flow. For 
example, the theory indicates a heat-transfer coefficient for laminar 
flow of about 0.001, a value substantially less than that measured 
at a = 0°. For this reason the possibility of a reattached turbulent 
flow is indicated. The predicted rate at a = 0° agrees with the measured 
value if turbulent flow is assumed to originate at S’/r - 1.5 and the 
local pressure is that for a conical compression from the three- 
dimensional pressure level for attached flow on the cone . 

Results for = 6 are similar to those for = 5j and are shown 
in figure 19(b) . The measured heating rate on the cylinder is high, 
particularly in view of the pressures measured at this Mach number. 

These pressures were nearly constant over the entire afterbody. The 
level of heating rate is again taken to mean at least a partial reattach- 
ment of the flow with a turbulent boundary layer on the cylindrical 
section. 

One final point will be made concerning the longitudinal distribution 
of heat-transfer rate. The prevalence of separated flow and its apparent 
transitional nature at the Reynolds numbers of the present investigation 
raise the question of whether afterbody heating rates might not be sensi- 
tive to cooling of the boundary layer as it passes over the heat shield. 

To check this possibility one set of data was obtained on a model which 
had a solid copper heat shield in place of the normal thin steel shell. 

By means of the added thermal mass the temperature of the nose was held 
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to a lower value during the reheat period when data were taken. The 
results are shown in figure 20 for both = 5 and 6. Circle symbols 
denote results from a normal test in which the average afterbody-surface 
temperature was somewhat below the heat-shield temperature; square symbols 
denote results obtained for a condition where the reverse is true. Lower 
heating rates were measured with a relatively cold heat shield, especially 
on the cylindrical section. Under the present line of reasoning this 
c han ge would denote a more widely separated flow. Increased separation 
might result if the boundary layer were more stable in the expansion 
region, and increased stability could exist by virtue of energy removal 
by the cold surface of the heat shield. This result tends to differ from 
that reported in reference 2 6 where, for a sharp-nosed body, transition 
Reynolds numbers in a separated flow region were consistently lowered by 
decreases in wall temperature. While the results presented herein are 
relatively meager, it might be well to note, nevertheless, that this 
effect (the influence of model surface temperature on the extent of sepa- 
ration) places an added limitation on the usefulness of wind-tunnel 
measurements in separated-flow regions behind blunt bodies. 

Circumferential distribution of heating rates .- Representative 
heat-transfer coefficients are plotted as a function of azimuth angle 
in figure 21, and curves have been faired through the data at a = 2°. 

On the conical afterbody at S’/r = 0.88 and a = 2 the highest rates 
were measured on the lee side of the body as noted earlier. Pressures 
measured at this location (see fig. 16 ) do not provide an explanation 
of this behavior. At a = 10.6° the distribution is much like that on 
an inclined cylinder. On the cylinder at S’/r = 1.93 a small change 
in angle of attack gives rise to a very pronounced variation in heating 
rates. This variation is in large part ascribed to the effects of flow 
asymmetry on transition and reattachment of the flow boundary. 

Variation of afterbody heating rates with angle of attack .- The 
effects of angle of attack on afterbody heating rates at two specific 
locations are shown in figure 22. Heating rates are presented in ratio 
form to facilitate comparisons. In figure 22(a) results are presented 
for the conical surface at S’/r = 0.9, roughly the midpoint. Two theo- 
retical curves are shown; both are estimates for an attached laminar 
boundary layer and are based on the method of reference 2k. The solid 
line represents estimates based on the pressure level for two-dimensional 
flow over the conical section, while the estimates shown by the dashed 
line include the three-dimensional pressure gradients predicted by 
reference 21. This latter estimate is consistent with the theoretical 
basis used in both figures 15 and 19. It is clear, that at negative 
and small positive values of a, the theoretical curves can show no more 
than order-of -magnitude agreement with the experimental results since all 
the data presented are probably subject to the effects of some degree of 
flow separation. On the windward side of the body, however, most of the 
experimental results approach the predicted trend of the three-dimensional 
variation at larger angles of attack. The single data point at a = 30° 
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from reference 17 suggests an approach to a more two-dimensional flow 
environment when the afterbody surface has a positive inclination to the 
free- stream direction. Several exceptions to the general trend are 
worthy of notice, particularly the higher enthalpy results of the present 
investigation and those of reference 18 . Both sets of measurements indi- 
cate heating rates that are considerably lower, relative to the stagnation 
point reference value, than are predicted with the theory. 5 The magnitude 
of these differences is still of questionable significance, however, since 
the present results are probably subject to effects of nonequilibrium flow 
over the afterbody while those from reference 18 may be low for reasons 
that are discussed in that report. The results at M = 3*5 and a = 10° 
and 15 taken from reference 23 are higher, by a factor of two, than the 
prediction of the theory and are believed to represent a boundary layer 
that is either in transition or is turbulent. Data points at a = 0° 
and 5 from this same reference have an arrow attached to each symbol 
(in fig. 22(a)) to denote that local heating rates were below the minimum 
value that could be resolved by the data recording system used in those 
tests . 

In figure 22(b) heat-transfer results are presented for the cylin- 
drical surface of the afterbody at S'/r = 1-9 • The solid line represents 
a variation in heating rates with angle of attack predicted by theory for 
a boundary layer that is both attached and laminar. The broken line is 
an estimated variation for a turbulent boundary layer that has been 
matched to the measured value at = 5 and a = 0° (as was shown in 
fig. 19) • A large part of the experimental results appears to represent 
flows which are not only locally turbulent, but which also experience 
pressures that exceed those predicted by theory for three-dimensional 
attached flow. There is an obvious similarity between these results 
and the pressure distributions of figure l8 . This correspondence of 
pressure and heating- rate distributions can be illustrated. Consider, 
for example, the measured heating rate of 0. 78 at M = 3*5 and a = 0° 
taken from reference 23 and shown in figure 22(b) . With the corresponding 
measured pressure from reference 23 and with the assumption that the tur- 
bulent origin is at the junction of the conical and cylindrical sections 
of the afterbody, the theory of reference 25 can be used to predict a 
local heating rate which is O.85 of the stagnation point value. Thus, 
the combination of turbulent flow and high local pressures can result 
in very substantial heating rates on this apparently sheltered surface. 

Real-gas effects on heat-transfer rates to the afterbody . - The 
previous discussion of heating rates to the afterbody of the Mercury 

capsule has been confined almost entirely to low-enthalpy results. 

5 A small part of this difference can be attributed to the direct 
comparison on this figure of the q/q s ratios for these two higher 
enthalpy tests with the low-enthalpy h/h s ratios, as discussed earlier. 

However, since local Mach numbers on the afterbody are in general less P 

than A, figure 6 (top) indicates the effect of this mode of comparison 
to be of the order of 10 percent or less. 
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A "brief consideration will now be given to the heat-transfer rates in a 
high-enthalpy environment. In figure 23 the ratios of local heating 
rates to stagnation values are presented as a function of stagnation 
enthalpy. Data from the present investigation and from references 17, 
l8, 19, and 23 are presented for the midpoint of the afterbody. The 
results of several theoretical estimates are also shown in figure 23. 

The curve for equilibrium attached flow was obtained from the flat-plate 
solution of reference 27 for two-dimensional flow of a dissociated stream 
and the corresponding stagnation point heating rate from reference 13 • 

As such, the curve is basically an extension of the previous theoretical 
estimates for low-enthalpy test conditions. For want of a more exact 
method, the analytical result of reference 2 was used without modification 
to derive the curve for equilibrium separated flow; that is, heating rates 
for attached flow were reduced by a factor of about 2 to account for flow 
separation. The curve for frozen attached flow was obtained from the 
expression of reference 28 which relates the heat flux in a frozen flow 
and at a noncatalytic wall to the heat flux in an equilibrium flow by 
the equation 






- h* 


where the quantity (Hji 


l 


Hj. ) can be approximated by the term Cp(Tj - T w ) 


and the specific heat, Cp, does not include the chemical or dissociation 
energy. 6 It will be remembered from appendix B that for the tests in 
the 2- inch shock tunnel it is likely that the inviscid flow over the 
afterbody of the model was not in chemical equilibrium. The concept of 
frozen flow that is introduced here is the limiting case of nonequilibrium 
flow and makes the maximum allowance for this effect. The curve for 
frozen separated flow was obtained with the arbitrary assumption that the 
ratio of heating rates for this type of flow to that for attached flow is 
a composite of the two previous effects and that there is negligible 
interaction between them. Thus, at any value of stagnation enthalpy, the 
heating-rate ratio due to separation was multiplied by the heating-rate 

characteristic of attached frozen flow. 

6 The use of this equation rests upon two additional assumptions which, 
at present, can be supported only by qualitative arguments. First, the 
boundary layer (or separated flow) on the afterbody is assumed to depart 
from chemical equilibrium and, second, the surface is assumed to be non- 
catalytic. The first assumption is based on the analysis of reference 28 
which indicates that chemical nonequilibrium can occur in a boundary layer 
(e.g., in the stagnation region) even before such effects are encountered 
in the local inviscid flow. The assumption of a noncatalytic surface is 
also reasonable, since the afterbodies of the shock tunnel models used to 
measure heat transfer were made of a plastic material. In general, the 
literature indicates that such materials usually have a much reduced 
catalytic effect as compared to metallic or metal oxide surfaces. 
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The experimental results that are available from the present 
investigation and from the several references at a - 0° are not suffi- 
cient to verify the numerous assumptions employed in the theoretical 
analysis. The purpose of the analysis is merely to approximate the level 
of heating recorded in the shock tunnel tests of the present investiga- 
tion. However, it can be seen that the curves for flow in chemical 
equilibrium indicate an increase in heating rate, relative to that at 
the stagnation point, with increasing enthalpy. Conversely, the effect 
of relatively long times of chemical accommodation is to reduce the local 
heating-rate ratio as enthalpy is increased. The data obtained in the 
shock tunnel (the diamond symbol and bar) appear to represent an after- 
body flow which is separated and essentially in the frozen state. On 
the basis of this very approximate analysis, then, the effect of increas- 
ing enthalpy on afterbody heating rates appears to depend upon the degree 
to which the local flow departs from chemical equilibrium. While the 
resultant changes are indicated to be relatively small in absolute magni- 
tude, at least at the location chosen and for the assumptions made, it 
may be possible for the combined effects of flow separation and chemical 
accommodation to influence local rates by a factor of 5 or more at 
stagnation enthalpies approaching that for satellite velocity. 


Afterbody Flow Regimes 


In the present paper liberal use has been made of the experimental 
results of several other investigations. The fact that such data were 
available has permitted the development, herein, of a more general 
analysis of the body flow field and the convective heat-transfer rates 
than would otherwise be possible. It has been found that reasonable 
estimates of local rates can be made if the character of the afterbody 
flow is known either from pressure measurements or visual evidence. 
However, the usefulness of these results for application at full scale 
is obviously hampered by uncertainty as to the occurrence and extent of 
flow separation at conditions different from those specifically investi- 
gated. Therefore, it appeared logical that an attempt should be made 
to correlate test results from the various referenced investigations 
with those of the present survey in a manner that might indicate regimes 
in which the afterbody flow is either attached or separated. An attempt 
at this correlation is presented in figure 24-. The parameters employed 
are the enthalpy ratio H^/Hg for the heat shield, and a characteristic 
Reynolds number. This Reynolds number, R*, is based on equilibrium-flow 
properties at sonic speed in the expansion at the edge of the heat shield 
and on the length of run to that point. It is reasoned that the condition 
of the boundary layer in this region will have a strong influence on the 
nature of the afterbody flow. Likewise, the ratio of surface enthalpy 
to some enthalpy characteristic of the stream, in this case stagnation 
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enth alp y, is also pertinent to "boundary- layer development. 7 The test 
points represent three classifications of afterbody flow - attached, 
partially attached (or reattached) , and. separated, as indicated "by the 
filled, half filled, and open symbols, respectively. In practice it was 
not always possible to make such classifications on the basis of visual 
evidence alone so that, where possible, both pressures and heating rates 
were used for added verification. Important additions to the test points 
shown in figure 24 are three curves which show the histories of enthalpy 
ratio and Reynolds number for a typical entry trajectory of a Mercury 
capsule and for the entry of an Atlas-boosted research and development 
vehicle. The calculated trajectory is represented by the two broken-line 
curves which are for assumed wall temperatures of 500° R and 2000° R. 

The solid curve represents a portion of the trajectory of the flight 
vehicle and was obtained from the results of references 29, 30; and 31* 

Although the results presented in figure 2b do not show any clear-cut 
correlation, there are several indicated trends that are worthy of mention 
and that relate the test data to the reference curves. The study indi- 
cates (as might be expected) that the flow regime on the afterbody depends 
on the character of the boundary layer in this region. This dependence 
is reflected in the trend toward attached flow with increasing Reynolds 
number, at constant enthalpy ratio, shown in the figure. Presumably, the 
boundary- layer flow over the afterbody changes from laminar to turbulent 
as the Reynolds number at the comer increases by one to two orders of 
magnitude. In reference 32 a similar change from separated to attached 
flow was found to occur when the surface of the heat shield was roughened. 
The two test points illustrating this result (which was obtained at 
^ ~ 3*3) are shown in figure 24 at R* just under one million and 
at Hvj/Hs of about 0.3* A somewhat analogous change seems to occur in 
the case of the full-scale research vehicle. The particular portion of 
the entry flight shown by the solid curve in figure 24 spans a time inter- 
val of about 35 seconds during which the flight Mach number dropped from 
about 21 to 12.5 and the altitude changed from about 220,000 to 
150,000 feet. In this interval the measured heating rates at various 
locations on the afterbody increased so as to become equal to or greater 
than the corresponding estimated values for attached laminar flow. This 
behavior is illustrated in figure 12 of reference 31 and could be the 
result of a gradual reattachment, with increasing Reynolds number, of a 
previously separated afterbody flow. 

The observed trend noted above is violated by several test points 
at the higher Reynolds numbers shown in figure 24. In general, these 
data represent tests at 1^, < 5 where, as was mentioned earlier in the 
discussion of figure l8, the afterbody flow apparently changes from 
separated to attached with increasing Mqq. Again, a similar result has 
7 It is recognized that the chosen parameters, while similar to those 
used in the literature to define boundary- layer transition on continuous 
surfaces, may not be sufficient to describe all factors which influence 
the behavior of separated flows. 


been reported in reference 32. This latter result is represented in 
figure l8 by the open square symbol at R* about 10 s (which is for 
^ = 3-3) and the two filled square symbols at slightly lower Reynolds 
numbers, which represent higher Mach number test conditions in this same 
free -flight facility. 

For similar reasons, the flow regime on the afterbody seems to 
depend on wall enthalpy. Some tendency for a decrease of separation 
with decreasing enthalpy ratio can be seen in figure 24, for example, 
at R # of about 10 5 . This effect might conceivably be related to the 
phenomenon of transition reversal. The regime of partially attached 
flow covers a surprisingly wide range of enthalpy ratios . This regime 
might well be characterized by free -boundary transition in a separated 
afterbody flow followed by reattachment on the cylindrical section. 

This flow pattern has been discussed in several preceding sections of 
the present report. It is apparent, however, that additional information 
of a more systematic nature will be required to establish an adequate 
correlation of this type. In particular, most of the present results 
apply to a steady flight attitude at a = 0°, whereas it has been shown 
in reference 32 that a nonsteady or oscillating flight behavior can 
strongly affect the afterbody -flow development. There is also the dis- 
tinct possibility that the chemistry of the flow over the afterbody could 
influence the separation behavior. This question has only been touched 
upon in the present report, and then in connection with small models for 
which the flow residence time is very brief. 

Despite the numerous qualifications which have been placed on the 
experimental results shown in figure 24, there is strong evidence from 
both wind-tunnel and flight tests that the afterbody flow will not be 
separated throughout all of the entry flight of a full-scale capsule. 

The reference curves and the data presented indicate that the flow over 
the afterbody of the capsule could progress from the separated to the 
attached phase. The region of maximum convective heating to the stag- 
nation point might well occur within the regime of partially attached 
flow. This combination of events could be expected to result in 
substantial heating rates on the cylindrical section of the afterbody. 


CONCLUSIONS 


An experimental investigation has been conducted to determine the 
convective heat -transfer rates and the surface pressures on a blunt- 
nosed body of revolution closely comparable to the Mercury capsule 
re-entry configuration. The following conclusions have been drawn from 
test results which were obtained for Mach numbers from 3*4 to 14.7, 
angles of attack from 0° to 10°, and stagnation enthalpies up to 5000 Btu 
per pound: 
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« 1. Stagnation -point heat -transfer rates, at angles of attack near 

zero, are about 13 percent in excess of nominal values for a spherical 
stagnation region due to increase in velocity gradient . The measured 
rates agree with theoretical estimates based on measured pressure dis- 
tributions . These results can be correlated in a manner that shows a 
relatively minor dependence on stagnation enthalpy level. 

2. The heating -rate distribution over the nose (heat shield) 
develops a substantial asymmetry with increasing angle of attack. Present 
results, when considered in conjunction with those of other investigations, 
indicate that this asymmetry in heating rate can be attributed to effects 
of the flow expansion at the edge of the heat shield on the pressure 
distribution and local -flow velocities over the heat -shield surface. 

3- Afterbody pressures and pressure gradients may be estimated 
. with fair accuracy if the boundary layer is not separated. The occur- 

rence of boundary-layer separation, particularly at small angles of 
attack, can cause relatively large increases in afterbody pressures. 

k. Afterbody heat -transfer rates at low-enthalpy test conditions 
varied from about 5 to 10 percent of the stagnation heating rate over 
most of the afterbody surfaces. In some cases, however, the effects of 
flow separation were such that values from 2 percent to almost kO percent 
of the stagnation value were encountered. The magnitude of the convective 
heating rates to the afterbody can be estimated from measured pressure 
distributions if the nature of the afterbody flow, whether attached or 
separated, is known. Similar estimates for high-enthalpy conditions 
should make allowance for the effects of any chemical nonequilibrium in 
the local flow. 

5- Boundary-layer separation is the most important single factor 
affecting afterbody pressures and heat-transfer rates. It is related 
to the existence of a laminar boundary -layer condition at the edge of 
the heat shield and a laminar free -boundary condition over the afterbody. 
When separation occurs, it is often followed by transition to turbulent 
flow within the free boundary at relatively low Reynolds numbers and a 
subsequent flow reattachment. This situation is characteristic of the 
test configuration and gives rise to very substantial afterbody heating 
rates. Test results indicate the possibility of this type of afterbody 
flow during a substantial portion of a normal entry flight. 


Ames Research Center 

National Aeronautics and Space Administration 
Moffett Field, Calif., Nov. 20, 196 1 





APPENDIX A 


CALIBRATION OF THE 2- INCH SHOCK TUNNEL 


Recent studies of the physics and chemistry of high-energy gases 
have shown that during the expansion of a gas from high temperature and 
pressure in a reservoir to high velocity in a supersonic nozzle, a local 
condition of chemical nonequilibrium may be encountered. If reservoir 
enthalpy is sufficiently high to cause dissociation of part of the gas, 
it appears that as the flow expands through the nozzle the chemical 
composition will freeze at some intermediate value for which the chemical 
reaction times become large compared to the flow residence time. When 
this occurs, some portion of the gas remains in the dissociated state. 
Therefore, the test stream can be considerably different from that which 
would result from an isentropic equilibrium expansion. One additional 
factor that influences the test stream of a high-energy gas flow facility 
is the loss of heat to the reservoir and nozzle walls. This heat loss 
can be easily evaluated by calibration of the test stream, if the flow 
is in chemical equilibrium. However, for the case of nonequilibrium 
flow, it is difficult to separate the effects of this nonadiabatic 
process from those of the nonequilibrium process. 

One method for evaluation of these nonadiabatic, nonequilibrium 
effects on the flow in the shock tunnel used in the present investigation 
will now be considered. The method consists of two sets of nozzle flow 
calculations, each with a simplified model of the expansion process, 
which can be used to place limits on the actual flow behavior. The first 
of these simplified models is based on the assumption that the flow is 
nonadiabatic by virtue of heat loss to the nozzle walls and that this 
heat loss will account for any discrepancies in measured stream proper- 
ties; the second model makes use of the assumptions that heat loss to 
the walls is negligible and that any lack of agreement among the measured 
stream properties can be attributed entirely to a departure from local 
equilibrium of the chemical and vibrational energies in the flow. 

As a starting point in the analysis it can be shown that the nozzle 
flow does not correspond to an equilibrium isentropic expansion. The 
measured reservoir and stream conditions are as follows: a reservoir 

pressure of 823 atmospheres (12,100 psia), a stagnation pressure behind 
a normal shock in the test stream of 7^ psia, a corresponding static 
pressure of about 0.8l psia, and a stream velocity of l4,A00 feet per 
second. The air in the reservoir was compressed from room temperature 
and from an initial pressure of 10 psia which led to a nominal reservoir 
enthalpy of 5 , ^10 Btu per pound. For an equilibrium isentropic flow, gas 
expanding from the noted reservoir conditions to the measured stream 
velocity would have the properties shown in case 1 of table II. In 



particular, stagnation pressure ‘behind a normal shock wave would he 
3-1/2 times greater, and stream static pressure would he 12 times greater 
than the values that were measured. For this reason the flow is known 
to he nonisentropic . 

In the present discussion, it will he considered first that the 
differences between the measured pressures and those for an isentropic 
expansion are due to the effects of nonadiahatic flow; specifically, 
the total enthalpy and the entropy of the test stream were varied to 
match certain fixed test conditions as outlined helow. Results of cal- 
culations hy this method are shown as cases 2, 3j and 4 of table II. 

(Note that entropy (s/r) can decrease or increase from the reservoir 
value, if the net effect is that of heat removal or heat addition.) 

In case 2 the measured pitot pressure, velocity, and the nominal stag- 
nation enthalpy were held constant while the static pressure and entropy 
level of the stream were allowed to vary. In case 3 the stream total 
enthalpy was unrestricted hut the entropy level was fixed at about the 
nominal reservoir value. Finally, in case 4 the entropy level was also 
unrestricted and iteration proceeded until the measured stream static 
and pitot pressures were satisfied. The estimates were found to agree 
with the measured set of stream conditions at a stream total enthalpy 
of 4445 Btu per pound and at an entropy level (s/r) of 29 . 80. For this 
value of total enthalpy, a stream Mach number of 8.39 was obtained, as 
shown in case 4. Thus, a loss in total enthalpy of some 18 percent is 
indicated during the expansion process, if, of course, the flow is 
assumed to he in equilibrium. 

It will now he considered that the difference between the measured 
stream properties and those for an isentropic equilibrium flow is due 
to the effects of local nonequilibrium flow. In these estimates, it 
will be assumed, after the method of reference 33^ that the energies of 
both molecular vibration and dissociation are made unavailable by freezing 
of the nozzle flow. In the calculations, it is considered that the flow 
is in equilibrium until some point in the expansion and that it is frozen 
downstream of that point. The area ratio A/A^, at the point of the 
freeze, was used as a parameter in the calculations. It was also assumed 
that in each case the frozen flow expanded to the geometric nozzle-exit 
area ratio which was 315* The freeze was assumed to occur at area ratios 
of 100, 10, and 1 and the calculated results are shown as cases 6, 7 } 
and 8 in table II and in figure 25 . The limiting case of equilibrium 
flow is included for comparison as case 5 in table II. As can be seen 
in figure 25 , both the measured stream velocity (l4,400 fps) and the 
measured static pressure (range of values from 0.73 to 0.86 psia) indi- 
cated that the departure from chemical equilibrium, in effect, occurs at 
an area ratio of approximately 5 . The resultant conditions are shown as 
case 9 in table II where the corresponding Mach number is seen to be 8.4, 
while the Reynolds number is 1.1X10 6 per foot. The molecular -weight 


ratio and the distribution of enthalpy, also as functions of the nozzle- 
area ratio, are presented in figure 26. If the flow freezes at A/A^ sj 5 , 
it can be seen that about 1000 Btu per pound will be unavailable. 1 

It is somewhat surprising that these stream conditions, based on 
the assumption of nonequilibrium nozzle flow, correspond so closely to 
those obtained earlier for the equilibrium nonadiabatic case (case 4, 
table II) . Note, however, that the available energy in both cases is 
nearly the same and that, since only about one third of the oxygen is 
dissociated in the nonequilibrium case, the two gas streams are not 
widely dissimilar. Thus, it is apparent that the measured stream proper- 
ties could represent either of the two test streams] one, an equilibrium- 
gas flow with substantial heat losses in the reservoir and nozzle; the 
other, a stream which does not lose heat to its surroundings but is not 
in chemical equilibrium. Now, each of these possibilities is a somewhat 
idealized situation, since the flow is not likely to be either completely 
frozen or completely in equilibrium. Additional information is required 
to resolve the problem of what are the actual stream properties. For 
example, in order to make a more quantitative estimate of the heat loss 
it is necessary to have an additional independent measurement that is 
characteristic of the test stream. At present, stagnation heating rate 
is the only such measurement available. Therefore, at the sacrifice of 
the traditional independence between stream calibration and the test 
program, and to the accuracy inherent in the theory of reference 13, 
stagnation heating rate will be used to define the total enthalpy of 
the test stream. It is assumed here that the flow behind the normal 
portion of the bow shock is in chemical equilibrium. From reference 13, 
the stagnation heat rate, q s , is a function only of gas properties at 
stagnation temperature, stagnation pressure, and body surface temperature. 

Since stagnation pressure and surface temperature are known, the heating 
rate can be used to define the stream total enthalpy. The results of 
this method are shown in figure 27, where stagnation heating rate is 
shown as a function of stagnation enthalpy. The measured rate indicates 
the probable stream total enthalpy, in this case, to be about 5000 Btu 
per pound. The difference between this value and the reservoir enthalpy, 
about 400 Btu per pound, is a measure of heat lost to the nozzle and 
test-section walls. The difference between the 5000 Btu per pound and 
the value computed for the equilibrium case (~4450 Btu/pound) is about 
the same magnitude as the dissociation energy shown in figure 26 at 
(A/A*) f = 5. Whether or not this correspondence is significant is open 
to question at present, although it should be noted that the vibrational 
energies are likely to be in local equilibrium at these flow conditions. 

4A somewhat similar result has been found in the theoretical analysis 
of reference 34, where the expansion of a pure oxygen stream in a 15° 
hyperbolic nozzle from a reservoir pressure of 642 atmospheres and tem- 
perature of 10,620° R was calculated to depart from chemical equilibrium 
at an area ratio of about 5* The stream was indicated to be essentially + 

frozen at A/A^ of about 25 with about one third of the oxygen in the 
dissociated state. 
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Now, since "both the upper and lower limiting stream conditions that match 
the measured properties have close to the same Mach number and Reynolds 
n um ber, it is postulated that these two parameters will he about the same 
at the intermediate enthalpy defined by the above analysis. The only bit 
of evidence outstanding that has been obtained and not used is the shock- 
wave angle from the sharp leading edge of a plate used to measure static 
pressure. With reference 35 as a guide, along with the assumed unit 
Reynolds number and the appropriate distance from the leading edge, it 
was found that the shock angle should be inclined at about l-l/2 times 
the Mach angle. Application of this ratio to the measured shock-wave 
angle resulted in an indicated Mach number of 8.5 

It is concluded, therefore, that the test stream in the shock tunnel 
during this investigation was not in chemical equilibrium and that the 
9 stream is best approximated by the conditions listed as case 10 in 

. table II. 
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APPENDIX B 


CHEMICAL EQUILIBRIUM IN MODEL FLOW FIELD 


It has been shown in appendix A that the test stpearn of the 2- inch 
shock tunnel is probably not in a condition of chemical equilibrium. A 
related condition may also exist in the flow about the test models in 
this facility. Consider first the region between the normal portion of 
the shock wave and the stagnation point of the body, the dimensions of 
which are characterized by the shock-detachment distance. Now, the 
shock-detachment distance has been shown to be primarily a function of 
the density ratio that exists across the shock wave. (See, e.g., 
refs. 36 and 37*) Therefore, the detachment distance should be an indi- 
cator of flow properties, since shock-density ratio is influenced by 
chemical nonequilibrium. Measured values of detachment distance for the 
present investigation are shown as a function of stagnation to free-stream 
density ratio in figure 28(a) . For comparison, a composite theoretical 
curve for hemispheres is shown, along with a modification of this varia- 
tion to account for the "sonic corner effect" of the Mercury capsule 
configuration. 1 The adjusted curve appears to predict the trend of the 
data but is slightly low in magnitude. Note that the shock-tunnel data 
are in agreement with the relatively low-enthalpy wind-tunnel and free- 
f light data at point (2), where, as shown in the legend, the flow upstream 
of the shock wave is assumed to be frozen while that downstream of the 
shock wave is assumed to be in equilibrium. Figure 28(b) shows the 
effect of stagnation enthalpy on the variation of detachment distance 
with Mach number, with the theoretical curves that represent equilibrium 
flow derived from the adjusted A/R variation (the solid curve) of 
figure 28(a) . These curves were obtained by computing the density 
ratio Pg/p^ for a given and H s and finding the corresponding a/R 
from the reference curve. Data are also shown from references 17 and 18. 
Again, point (2) appears in best agreement with the average of the meas- 
ured results from the shock tunnel and indicates that the measured A/R 
is that for which the flow approaching the stagnation point of the body 
is in equilibrium. 

An alternate approach to the question of flow composition in the 
stagnation region is to estimate the time required for the shock-heated 
gas to achieve equilibrium and compare this to the time required for the 
gas to travel from the shock wave to the body. This has been done in an 
approximate fashion, using the relaxation data of references 38 and 39 
as a guide, and the results indicate that the flow should be close to 


1 The effect of sonic flow at the corner of the heat shield is 
covered in some detail in the main body of this report. 
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equilibrium "by the time it reaches the body. Thus, within the accuracy 
of these two estimates, it would appear that the stagnation region of a 
model in the shock tunnel is enveloped in a gas which is in chemical 
equilibrium. 

This method of flow analysis has also been applied to the flow field 
downstream of the stagnation point. (See also ref. lo . ) The results of 
this analysis indicate that the inviscid flow approaching the corner of 
the heat shield makes only a small departure from the equilibrium 
condition. On the conical afterbody, for the case of a fairly complete 
expansion at the corner, the flow is indicated to be well into the 
frozen-flow regime. On the basis of this analysis, then, heat-shield 
data should be representative of equilibrium flow, while afterbody data 
may reflect substantial nonequilibrium effects in the local flow. 
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c Frozen test stream. 

^N omin al test stream used herein. 
Equilibrium test stream. 































TABLE II.- CALIBRATION OF TEST STREAM IN THE SHOCK 
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Figure 1.- Continued. 


.010" dia. butt welded iron- 
constantan thermocouple finished 
flush with surface of rexolite 






Figure 1.- Concluded 
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Figure 3.- Heat-transfer model mounted in test section of the 2-inch shock tunnel. 




Figure 4.- Specific heat of model shell material. 
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Figure 5 - 
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Heat-storage 



(b) Conical afterbody thermocouple 
Figure 5-- Concluded. 
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Figure 7.- Shadowgraph pictures of flow about Mercury capsule model in the wind tunnel. 







Figure 7.- Concluded. 
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Schlieren picture, a = 10.6 



Glow picture, a 
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A-25667 


Figure 8.- Visualization of flow about Mercury capsule models in the 
2-inch shock tunnel; M = 8.4, = ^-.6xl0 4 . 




(a) = 3-38, = 2.49X10 6 


A-25027 



(c) M w = 5.80, = 2.20X10® 

Figure 9 .- Shadowgraph pictures of flow about Mercury capsule models in 
the free-flight wind tunnel; a k 0 . 
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(e) ^ = 14.71, R^ = 2.05X10 6 
Figure 9*~ Concluded. 









Minimum satellite enthalpy 



(b) Enthalpy dependence. 
























Figure 15. - Longitudinal pressure variation on afterbody. 






45° Prondtl-Meyer expansion 








10- by 14- in. SSWT 



Figure 17 . - Theoretical estimate of pressures on conical afterbody; attached flov 






Angle of attack, a, deg. 

Leeward meridian Windward meridian 

(c) Mo* 4.65, R doo = 2.05 x I0 6 (ref. 14) 

Figure l8.- Afterbody pressures at angle of attack and comparison with 

theory for attached flow. 
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(e) Mo, = 6,01, Rd = 2.52x10® (ref. 14) 
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(g) Moo = 20.0 -20.3, Rd = 0.9 IxI0 5 -I.I7xI0 5 , H S = I730-I900 

(ref. 18) 

Figure l8.- Concluded. 
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Figure 21.- Circumferential distribution of heating rates on the 

afterbody; ideal gas. 
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Figure 23.- Variation of heating rate on conical afterbody with stagnation enthalpy, laminar 

boundary layer; a = 0 °. 
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Figure 24.- Afterbody flow regimes; 
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Figure 26.- Energy cList;ri"bu.tion in nonequilibrium flow. 
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(b) Real gas effects 


Figure 28.- Shock detachment distance at a = 0°. 


